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ABSTRACT
For future helicopter-only Mars missions, NASA-JPL has proposed a novel entry, descent, and landing technique, in
which the rotorcraft is deployed from the aeroshell in mid-air before landing. However, this approach is likely to
subject the rotorcraft to unfavorable vortex ring state aerodynamics during deployment. To address this, the perfor-
mance of a variable-pitch multirotor in axial descent was investigated using two parallel approaches: an experimental
free-flight wind tunnel campaign and analogous computational efforts utilizing the tool RotCFD. Results indicated
significant mean thrust losses of up to 20% compared to hover conditions, as well as heavily amplified rotor thrust
fluctuations and vehicle attitude oscillations with increasing descent rate. Meanwhile, discrepancies between com-
putations and experiments were observed, primarily regarding the descent rates where maximum thrust losses occur.
Additional studies performed within the computational environment indicated that the vehicle fuselage and rotor-rotor
interactions have significant impacts on the rotor performance in descent.

NOTATION
A Rotor Disk Area m2

c Blade Chord Length m
Cl Sectional Lift Coefficient −
Clα Lift-Curve Slope −
CT Thrust Coefficient −
B Tip Loss Correction Factor −
fs Sampling Rate 1/s
g Gravitational Acceleration m/s2

m Vehicle Mass kg
Ma Mach Number −
Nb Rotor Blade Count −
PWM Pulse Width Modulation Length s
r Radial Distance Fraction −
rc Rotor Root Cutout −
R Rotor Radius m
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Re Reynolds Number −
T Thrust N
vi Induced Velocity m/s
vh Induced Velocity in Hover m/s
v′x, v′y Horizontal Vehicle Velocities (Lab Frame) m/s
vz Net Simulated Descent Velocity m/s
v′z Vertical Vehicle Velocity (Lab Frame) m/s
z̈b Vertical Acceleration (Body Frame) m/s2

α Blade Section Angle of Attack rad
α0 Zero-Lift Angle of Attack rad
Θ Vehicle Pitch Angle rad
θ Blade Pitch Angle rad
θ.75 Blade Pitch at 75% Radius rad
κ Empirical Inflow Factor −
λ Inflow Ratio −
µ Advance Ratio −
ρ Density kg/m3
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σ Rotor Solidity −
Φ Vehicle Roll Angle rad
φ Relative Inflow Angle rad
Ψ Vehicle Yaw Angle rad
Ω Rotor Angular Frequency rad/s

INTRODUCTION

The Ingenuity Mars Helicopter (Refs. 1,2), accompanying the
Mars 2020 rover mission, is projected to demonstrate the first
powered flight on another planet, opening up new approaches
of extraterrestrial exploration. While this mission is still on-
going, research is already underway to prepare a potential
helicopter-only science mission. This mission anticipates a
dedicated science rotorcraft, significantly larger than the cur-
rent Ingenuity system, to support the increased weight of an
additional science payload. One concept, the Mars High-
land Helicopter (MHH) (Ref. 3), leverages the design her-
itage of the Ingenuity system, by adopting a similar, counter-
rotating, co-axial rotor arrangement. More recent develop-
ments also consider multirotor platforms instead of a co-axial
rotorcraft for the design of the second generation of Mars he-
licopter (Ref. 4). All of the future Mars helicopter concepts
use large rotors (R > 0.6m) in order to sustain flight on Mars,
and it is likely that they will utilize variable-pitch control, also
known as variable collective or collective control due to con-
trol bandwidth considerations. Traditionally, terrestrial hobby
multirotor vehicles employ fixed-pitch, variable-RPM control,
which is mechanically simple and robust; however, there is a
fundamental limit as rotor size increases, beyond which fixed-
pitch system are no longer able to overcome the large moment
of inertia for quick RPM adjustments (Ref. 5) and safely con-
trolling the rotor performance by varying RPM alone becomes
infeasible.

Aside from apparent advantages over rover-type explorers re-
garding traversing rough terrain and covering larger surface
areas, a helicopter-only mission offers novel alternatives to the
traditional atmospheric entry, descent, and landing (EDL) pro-
cedure. Up to date, Mars surface missions have all landed via
dedicated landing systems such as high-G airbags or rocket
thrusters, which typically require 100+ kg (220 lb) of special-
ized hardware to decelerate from ∼30 m/s (98 ft/s) parachute
terminal velocity to almost 0 m/s before touch-down. Since
a helicopter can readily slow itself down over this velocity
range, these traditional landing systems could be omitted en-
tirely in future helicopter-only missions if the rotorcraft is in-
stead deployed in mid-air from the entry capsule at the end
of the parachute phase. Initial Mid-Air Deployment (MAD)
concepts propose the following sequence: lowering of the ro-
torcraft from the stowed configuration inside the aeroshell af-
ter heatshield separation, rotor spool up, and subsequent sep-
aration from the entry capsule backshell before transitioning
to stable controlled flight. The Dragonfly mobile lander de-
signed for Titan (Ref. 6) plans to use a similar sequence, al-
though much slower timeline. The Mars-MAD sequence is
visualized in Fig. 1. By not relying on dedicated landing hard-
ware, MAD offers the potential to drastically reduce the total

mission mass and cost. Furthermore, low-mass entry vehicles
on Mars decelerate at higher altitudes, enabling missions to
the Martian highlands currently deemed unreachable by tra-
ditional Mars entry systems. These highlands are the oldest
terrains on Mars, accounting for 50% of the surface, have
never been explored. They could solve outstanding questions
in planetary science today related to the operation of the Mars
dynamo, the formation of the early crust, and the evolution of
the early environments (Ref. 7). For more motivation of the
MAD concept as well as the deployment and descent details,
readers can refer to prior publications (Refs. 3, 8).

One of the most pressing engineering challenges associated
with MAD is the fact that the entry configuration is descend-
ing at parachute velocity during deployment, and the rotor-
craft will therefore experience axial (and possibly non-axial)
flight conditions, potentially subjecting it to adverse descent
aerodynamics, generally referred to as vortex ring state (VRS)
(Ref. 9). These aerodynamic disturbances typically arise
when a rotorcraft descends into its own wake, introducing sig-
nificant unsteadiness in the rotor loads, leading to severe lift
losses and reduced control authority. The deployment is fur-
ther complicated by the presence of the entry capsule back-
shell, which presents a risk of vehicle damage in the event of
recontact and has to be avoided at all costs during rotorcraft
separation. In addition, the convex geometry of the backshell
increases the complexity of the local flow field around the ro-
torcraft in the initial stages of deployment.

Consequently, the MAD project currently utilizes Earth-
analog experiments and computational efforts to assess the
feasibility of deploying a rotorcraft in mid-air and outline the
most promising deployment strategies. Of key interest are a
comprehensive evaluation of rotor aerodynamics and vehicle
dynamics during deployment. A scaled backshell was also
constructed to specifically study rotorcraft-backshell flow in-
teractions but this is still on-going work. This paper presents
work conducted in this context, investigating the post-release,
free-flight, vertical-descent phase of the MAD flight enve-
lope, without considering the backshell aerodynamics. In par-
ticular, the thrust loss and thrust fluctuation experienced by
variable-pitch multirotor craft in axial descent was quantified.

Previously, considerable research efforts have been dedicated
to investigating the effect of the VRS aerodynamics on the
rotor performance, universally observing losses in the mean
rotor thrust combined with significant increasing thrust fluc-
tuations. However, previous studies have been largely lim-
ited to large-scale, single-rotor helicopters. More recent ef-
forts have also started examining the performance of small-
scale, low Reynolds number rotors in the VRS with fixed
pitch (Refs. 10, 11) as well as variable pitch (Refs. 12, 13),
but these studies are, similarly, limited to single rotors only.
Therefore, this work seeks to fill this knowledge gap for low
Reynolds number, variable-pitch multirotor platforms. Of fur-
ther interest was how variations in the rotor pitch angle affect
the overall rotor performance in the VRS and to understand
the degree of agreement of simulations tools.

The experimental campaign consisted of free-flight experi-
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Figure 1. Proposed EDL-sequence of a Mars science rotorcraft with Mid-Air Deployment: the helicopter is lowered
from the backshell at the end of the parachute phase, rotors are spun up, the rotorcraft is released and transitions to a
controlled flight for landing. Reproduced from (Ref. 8).

ments of a variable-pitch quadrotor in a vertical wind tunnel
to simulate axial descent scenarios (see Figs. 5 and 15 for il-
lustration). Without rigid connections to a load cell, nominal
in-flight forces were predicted using rotor pitch commands
sent by the vehicle flight controller. This estimated thrust
could be compared against the instantaneous thrust generated
by the vehicle in descent based on acceleration measurements
to quantify the thrust loss as a function of descent rate. Thus,
in-flight forces could be quantified without relying on a rigid
mounting and without restricting vehicle dynamics, to obtain
new insights into the true axial descent characteristics of a
variable-pitch multirotor. Parallel to the experiments, mid-
fidelity computational fluid dynamics simulations were per-
formed using the tool RotCFD (Ref. 14) for a wide range of
rotor pitch angles (5° - 15°) and descent rates (0 m/s - 6 m/s).
To facilitate comparisons between simulations and the exper-
imental results, a near-identical rotor and fuselage geometry
as well as identical operational parameters were used. The
computational environment, furthermore, allowed to perform
a comparison study involving a single rotor and four rotors
without fuselage to assess rotor-rotor interactions and effects
of the vehicle fuselage on the overall descent performance.
All experimental and computational efforts throughout the
study were performed under Earth relevant atmospheric con-
ditions, but scaling considerations of rotor parameters to the
Ingenuity system and the proposed MHH are presented to
assess the research’s applicability for future Mars scenarios.
The goal of this study is to use the experiments for valida-
tion of the analogous computational analysis, which can ul-
timately be performed for Martian conditions. Meanwhile,
research presented in this paper also has direct applicability
for any terrestrial variable-pitch multirotor vehicle in axial de-

scent. This will become increasingly relevant when multirotor
systems are scaled up to a point (e.g. for cargo transporta-
tion), where a traditional fixed-pitch, variable-RPM control is
no longer feasible.

ROTOR AERODYNAMICS REVIEW

The following section briefly reviews relevant rotorcraft aero-
dynamics including variable-pitch rotor thrust models and
vortex ring state aerodynamics. This review is not meant to
be comprehensive and readers are encouraged to refer to the
cited literature for further reading.

Variable-Pitch Rotor Thrust in Hover

Variable collective pitch control employed on a rotor allows
control of the thrust output by means of changing the local
angle of attack of the rotor blade elements via a swashplate
mechanism, while the rotor spins at a constant rate. Heli-
copters typically combine collective pitch control with cyclic
pitch control to change the helicopter’s direction of move-
ment. In the case of a variable-pitch multirotor, each rotor
features independent pitch control to regulate attitude and di-
rection of movement through differential rotor thrust, thus not
needing cyclic control. Meanwhile, the total vehicle thrust
output is the sum of the thrust of each individual rotor.

Using the blade element theory, the individual rotor thrust can
be estimated from operational parameters based on the radial
distribution of aerodynamic loading of the rotor blade. The
following analysis briefly summarizes analytic blade element
theory rotor thrust models suggested by (Refs. 15, 16) and
assumes untwisted blades with symmetric airfoils (α0 = 0),
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which is representative of the rotor geometry utilized through-
out the study. The effective angle of attack of a blade element
is defined as difference between the geometric pitch angle, θ ,
and the relative inflow angle, φ :

α = θ −φ , (1)

and the local blade lift coefficients is given by

Cl =CLα
(α−α0) =CLα

(θ −φ −α0). (2)

According to the local blade element theory, the local rotor
thrust increment of a blade element can be modeled as:

dCT =
1
2

( Nb

πR

)
c(r)Clr2 dr, (3)

where r is the radial distance fraction. The total thrust co-
efficient is the incremental thrust integrated along the blade:

CT =
1
2

( Nb

πR

)∫ 1

0
c(r)Clr2 dr (4)

with CT = T/ρA(ΩR)2. To evaluate CT generally requires in-
formation regarding spanwise variations of the lift coefficient,
Cl =Cl(α,Re,Ma) as well as the inflow, λ = (vi +vz)/(ΩR),
determining the relative inflow angle, which can typically not
be solved analytically. However, by making the assumption
of a constant lift-curve-slope, Clα , and uniform inflow veloc-
ity along the span

CLα
≈ 2π = const. (5)

λ = φ r = const. (6)

yields the expression

CT =
1
2

( Nb

πR

)
CLα

∫ 1

0
c(r)

(
θ r2−λ r

)
dr (7)

and for hover, λh =
√

CT/2. Furthermore, to account for
non-ideal flow conditions, the tip loss factor B can be intro-
duced, which is treated as a reduction in the effective blade
radius, with B usually between 0.95 and 0.98 for full-scale
helicopters. However, on low aspect ratio rotors B can be con-
siderably lower. Previously, various methods for calculating
the tip loss factor based on the rotor loading or geometry have
been suggested (Ref. 16):

B =1−
√

2CT

Nb
(8a)

B =1− c(r = 1)
2R

(8b)

B =1− 2c(r = 0.7)
3R

(8c)

resulting in a wide range of values of approximately 0.88 <
B < 0.94 for the given rotor geometry and thrust coefficients
found in this study. Incorporating the tip loss factor, Eqn. 11
becomes

CT =
1
2

( Nb

πR

)
CLα

∫ B

rc

c(r)
(

θ r2−
√

CT

2
r
)

dr, (9)

which can be solved numerically and iteratively for CT for a
set of given geometric and operational rotor parameters (R,
c(r), Nb, θ , rc, Ω). For the case of rectangular rotor blades
(c= const.) and insignificant root cutout, the BET expressions
can be further simplified to yield a closed-form analytic solu-
tion:

CT =
1
2

σ

∫ B

0
Clr2 dr =

1
2

σCLα

∫ B

0
(θ r2−λ r)dr (10)

CT =
1
2

σCLα
B2(θB

3
− 1

2

√
CT
2
)

with σ =
Nbc
πR

. (11)

Note here, the models presented above describe the thrust of
a single rotor. The total vehicle thrust is the sum of the indi-
vidual rotor thrust

TΣ =
4

∑
i=1

Ti = ρA(ΩR)2
4

∑
i=1

CTi . (12)

The collective vehicle thrust for the rotor geometry of the
quadrotor investigated in this study based on Eqns. 9 and 12 is
shown in Fig. 6 (middle) compared to experimental and com-
putational results. A tip loss factor of B = 0.88 from Eqn. 8c
resulted in the best agreement between the theoretical model
and the computational results. This is considerably lower than
a B generally used for full-scale helicopter. Note here that the
blades also have a substantial root cutout, which could con-
tribute to the low values of B along with the low blade aspect
ratio. The solution of the model from Eqn. 9 suggests a near-
linear relationship between the pitch angle and the generated
thrust of a rotor at high angles of attack and withing the nar-
row range of pitch angles typically found during hover. Ac-
cordingly, simple linear thrust models for a rotor in near-hover
have previously been suggested (Refs. 5, 17, 18)

Ti = ρcR3
Ω

2CLα
θ/3. (13)

Since the term ρcR3ΩCLα
is constant throughout a test run,

this model can be rewritten

Ti = bL,iθi, (14)

where bL is a constant combining all rotor parameters, and can
also encompass tip losses as well as the effect of the relative
inflow angle.

Vortex Ring State Aerodynamics

The vortex ring state (VRS), is a hazardous flight condition,
which may arise when a rotor-driven vehicle descends verti-
cally (or at low forward speed) into its own wake. At moderate
descent rates of similar magnitude as the induced velocity, the
rotor downwash is re-injested through the actuator disk, lead-
ing to the formation of a toroidal vortex ring system, which
engulfs the entire rotor and can cause a serious loss in aero-
dynamic lift. It is generally believed that, due to the relative
upflow around a rotor and reduced vorticity transport in axial
descent, the rotor tip vortices are no longer convected away
sufficiently from the rotor disk. Instead, they accumulate to
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form the vortex ring system and recirculating flow (Ref. 9).
This recirculating and highly unsteady flow can have seriously
adverse effects on the rotor aerodynamics, which is why this
operating state is generally avoided. Without significantly in-
creasing the rotor power output or pitching the rotor to initiate
a sideways motion, the aerodynamic losses associated with
the rotor operating in its own recirculating wake can lead to
an increase in the aircraft’s descent rate, potentially further
aggravating the problem. Furthermore, due to periodic rotor
wake build up and sporadic break down, rotorcraft experience
strong fluctuations in the rotor thrust, manifesting themselves
in low-frequency vibrations, which can impair the control au-
thority of the vehicle.

As flow field characteristics in the VRS heavily depend on
the induced velocity of the rotor, the primary velocity scale is
traditionally chosen as the induced velocity at hover vh, given
by the momentum theory:

vh =

√
T

2ρA
. (15)

Following the momentum theory approach, a rotor’s critical
axial descent regime, where recirculating flow is expected,
can be defined based on the rotor induced velocity and is
−2vh < vz < 0 (Ref. 16). Note here, that the descent velocity,
vz, is defined as negative. This critical descent regime is fur-
ther divided into the operating states of the vortex ring state
and turbulent wake state, based on the nominal flow direction
through the rotor. Conventionally, the vortex ring state is de-
fined in the region of P = T (vz + vi) > 0 (i.e., rotor power
is introduced into the flow), whereas power is extracted from
the airstream, P = T (vz + vi)< 0, in the turbulent wake state.
The turbulent wake state, with a nominally upwards directed
flow direction through the rotor disk (vz + vi) < 0, is still
a highly turbulent flow condition, but levels of recirculation
and turbulence are considerably lower than in the vortex ring
state. Due to the chaotic flow nature, without a clearly de-
fined rotor flow slipstream, control volume analysis can no
longer be applied. Consequently, the basic formulations of
the momentum theory do not yield valid results in the region
of −2 < vz/vh < 0. At high descent rates (vz < −2vh), the
rotor operates in the windmill brake state, where flow is well
behaved, with a clearly defined rotor flow slipstream and ap-
plicability of the momentum theory.

In the past, the induced velocity of the rotor has been adopted
as a general metric to compare rotor performance in axial
flight. Because the momentum theory approach loses validity
in the vortex ring state (and turbulent wake state), the induced
velocity has to be approximated using data from experiments.
One approach is using the blade element theory for rigid ro-
tors, which provides an estimate of vi based on rotor thrust

and collective pitch measurements (Ref. 9):

3
2
(B2− r2

c)λ =− 6CT

σClα
+θ.75(B3− r3

c)(1+
3
2

µ
2) (16)

with µ =

√
v2

x + v2
y

ΩR
(17)

and λ =
vz + vi

ΩR
. (18)

Here, vx,vy are the horizontal velocities and vz is the vertical
rotor velocity. For an untwisted rotor: θ.75 = θ . Equations 16-
18 can be used to calculate vi for a given set of rotor param-
eters and descent rates, which can be compared to empirical
VRS models for vi as a function of vz, such as (Ref. 9, Ta-
ble. 3). In practice, the correction factor κ is generally applied
to these models to account for additional induced losses with:
vi = κvi,ideal . Typically κ is found to be around 1.15 in hover.

EXPERIMENTAL APPARATUS

Free-flight experiments were performed on a variable-pitch
quadrotor within a vertical wind tunnel to investigate the VRS
aerodynamics and characterize the relative thrust loss for this
type of rotorcraft. The following section provides a compre-
hensive description of the rotorcraft platform and equipment
utilized throughout the study.

Rotorcraft

A modified Stingray 500 quadrotor (see Fig. 2) was used as
the test platform in this study. This commercial-off-the-shelf
product, generally used for aerial acrobatics, is equipped with
independent pitch control for each rotor within the range of
approximately −35° < θ < 35°. Unlike conventional fixed-
pitch multirotors, which are controlled via differential rotor
speed, this vehicle is powered by a single electric motor, driv-
ing all four rotors via a belt and pulley transmission system
at the same, constant rotation rate of 6316 RPM. The vehicle
has a total mass of 1.68kg, including all onboard equipment
added for this experiment and the major dimensions are illus-
trated in Fig. 2. While the drivetrain of the Stingray 500 (mo-
tor, belt-pulley-system, rotor blades, rotor shafts, and swash-
plates) was left unchanged, the central fuselage was modified
to incorporate a Pixhawk flight controller (FC), a Raspberry
Pi onboard computer, and an electric RPM sensor. The bat-
tery position was adjusted to align the center of gravity with
the vehicle’s geometric center. Furthermore, motion capture
markers were placed on the craft to allow for rigid body track-
ing of the vehicle within the laboratory space. All relevant ve-
hicle and rotor parameters are also listed in Table 1 and com-
pared to the Ingenuity Mars Helicopter and the Mars Highland
Helicopter (MHH) designed by NASA Ames (Ref. 3).

Rotor Blade Pitch Control

The pitch of each rotor on the Stingray can be independently
controlled by separate swashplates, allowing positive as well
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Figure 2. Variable-pitch quadrotor platform including major dimensions, rotor number assignment, and component
description.

as negative blade pitch angles. During this study, the rotor
pitch was limited to positive angles only for a better represen-
tation of future Mars helicopter concepts which were deemed
unlikely to require acrobatic powered-descent. Each swash-
plate is actuated by a servos via pushrods, which is mounted
on the rotor arms, close to the fuselage (see Fig. 2). Because
only collective and no cyclic rotor pitch control is employed, a
single servo per rotor is sufficient to raise or lower the swash-
plate for increasing or decreasing blade pitch, respectively.
Each servo position is controlled by the flight controller via
a pulse width modulated (PWM) signal with increasing pulse
width length resulting in a counter-clockwise servo rotation.
Servo arms and pushrods were adjusted such that a 1.5 mil-
lisecond pulse corresponded to a 90-degree servo position and
approximately zero rotor pitch. Figure 3 shows the individual
rotor pitch vs. PWM signal, which was measured using a RC
pitch gauge temporarily installed on the rotor. Given the in-
stallation orientation of each servo, either a counter-clockwise
(servos 1 and 2) or clockwise (servos 3 and 4) rotation direc-
tion is needed to increase the blade pitch. The figure indicates
that for a wide range of pitch angles, which are also typically
found during regular operation, a near-linear relationship ex-
ists between the PWM signal and pitch. It’s important to note
here, that the swashplate mechanism itself has a significant
backlash of ±2° for a given PWM input as indicated by the
pitch gauge. Furthermore, installing the pitch gauge gener-
ally caused a natural pitching up of the rotor blade within
this backlash range due to shifting the center of gravity be-
hind the blade’s mounting location. Thus, the measurements
in Fig. 3 were expected to be marginally overestimating the
rotor pitch for a given PWM signal, as reflected by the error
bars extending further towards lower pitch values. It could
later be confirmed that the experimentally determined pitch
angles were approximately 1° higher than the theoretical and
computational ones. Given the uncertainty in the rotor pitch
measurements, the raw PWM values were used directly to es-

timate the in-flight rotor thrust.

Rotor Geometry

Figure 4 displays the geometry of the rotor blades. These di-
mensions were obtained by manual measurements since no of-
ficial manufacturer specifications for the rotor geometry was
available. Each rotor is equipped with two rotor blades and
has a diameter of 286mm (∼11.3 inches). The rotor blades
are untwisted, marginally linearly tapered between stations A
and B, and have symmetric airfoils. Maximum thickness and
chord length were measured for stations A and B. All rele-
vant rotor parameters are also listed in Table 1. Inboard of
station A, the rotor blade has a more complex shape with the
flat mounting face (indicated as the hatched area) protruding
from the blade surface. It is worth mentioning that defining
the rotor solidity, σ , for these low aspect ratio rotor blades
can be quite sensitive to the selection of the appropriate blade
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planform area. In this case the rotor solidity was based on
the blade’s profiled area, thus, excluding the mounting face
(hatched area). For simplicity, the computational approach
approximated the rotor blade geometry inboard of station A
as a constant chord rotor up to the rotor mounting hole at
r = 32.2mm, and also assumed a NACA0012 airfoil through-
out the blade.

Wind Tunnel Setup and Experimental Procedure

Figure 5 schematically depicts the setup of the experimental
campaign. A multi-fan wind tunnel facility at the Center for
Autonomous Systems and Technologies (CAST) at Caltech
was used to simulate the external upflow of axial descent.
This allowed to study the rotorcraft’s VRS performance in
a controlled laboratory setting. The wind tunnel facility is
composed of 1296 individual DC fan units, which were all
assigned identical duty cycles for a uniform flow, and is capa-
ble of generating flow velocities between 0 - 14 m/s. The test
section has an overall cross-sectional area of 2.88 m× 2.88 m
(9.5 ft × 9.5 ft) and can be oriented horizontally as well
as vertically. An external motion capture system installed
around the wind tunnel, furthermore, provided precise three-
dimensional position and attitude information of the quadrotor
during flight by tracking the dedicated infrared markers.

A total of five free-flight tests were performed over the wind
tunnel. During each test, the rotorcraft was manually piloted
and hovered approximately 4 m (13.1 ft) above the vertical
wind tunnel. The rotor pitch was adjusted based on a combi-
nation of manual control inputs and FC commands to maintain
a constant position as well as level attitudes over the wind tun-
nel. After an initial hover period, the wind tunnel freestream
velocity, vWT , simulating the external flow of a steady descent,
was incrementally increased in 20 second intervals up to a
maximum wind tunnel velocity of approximately 6 m/s. Dur-
ing the test flight, the onboard computer, running a version of
ROS (Robotic Operating System) logged all relevant vehicle
operational parameters at a sampling frequency of approxi-
mately 30 Hz, including rotor rotation rates, pitch servo sig-
nals (PWM), acceleration measurements by the onboard iner-
tial measurement unit (IMU), and position as well as attitude
information provided by the motion capture system. All pa-
rameters were time-stamped and streamed back to a central
control station via a WIFI link.

Figure 5. Schematic wind tunnel setup and data pipelines
(wind tunnel schematic provided by WindShape LLC).

APPLICABILITY OF RESEARCH

Direct Applicability

All experimental and computational efforts of this study have
been performed under standard atmospheric conditions (ρ =
1.225kg/m3, g = 9.81m/s2). Consequently, findings are di-
rectly applicable to conventional rotorcraft operation under
Earth-relevant scenarios. Specifically, the research presented
here addresses terrestrial low Reynolds number, variable-pitch
multirotor aerodynamics in axial descent.

Similarity Considerations for Future Mars Mission

Because the study was motivated by the investigation of MAD
in the Martian atmosphere, the applicability of results for po-
tential future Mars missions is here closer examined. For this,
a comparison of the Stingray’s key geometric and operational
parameters to the current Ingenuity system of the Mars 2020
mission and the proposed Mars Highland Helicopter (MHH)
is shown in Table 1. In the past, vacuum chamber experi-
ments with a similar wind tunnel facility were used for Inge-
nuity, to avoid the challenge of aerodynamically scaling the
problem. However, this chamber was not available for this
research project. Yet, even though experiments and compu-
tations were performed under Earth-relevant conditions, ap-
propriate scaling of physical parameters can help translate re-
sults and make them applicable to Martian scenarios. For this,
fundamental requirements are generally the geometric (i.e.,
identical design) and dynamic similarity (Reynolds number
and Mach number, among others) between engineering mod-
els and the final design. However, in practice, it is generally
challenging to represent all relevant variables appropriately,
which is why it is advisable to establish an order of priority of
the scaling requirements based on the objectives of the exper-
imental campaign.

Because the experiments were primarily used to address
variable-pitch multirotor aerodynamics in the VRS, special
emphasis was given towards similarity requirements of ro-
tor parameters in axial descent. As previously stated, ax-
ial descent is primarily parameterized by the ratio of the de-
scent speed, vz, to rotor induced velocity and vh was given
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as the appropriate velocity scale (Ref. 9). Thus, the ratio
vz/vh was considered the primary focus for non-dimensional
matching between the Mars case and the Earth-analog exper-
iment. For reference, the MHH, deployed at the end of the
parachuted phase at 30m/s, would experience a descent rate
ratio of vz/vh ≈ −1.16. Accordingly, for descent-rate-ratio
equivalence, simulated descent velocities of up to ∼ 6m/s
(vz/vh ≈ −1.17) were investigated during the Earth-relevant
study of the Stingray.

Further considerations should be given to the rotor and vehicle
geometry as well as Reynolds number and Mach number, all
of which have been reported to have a secondary significance
on the axial descent performance of a rotorcraft. Currently, no
official design for a future Mars science rotorcraft exists, but
the finalized design is likely to be a variable-pitch multirotor
platform. Thus, a variable-pitch quadrotor was chosen as most
suitable to help inform about control-related issues and was
assumed to be sufficiently close to any future Mars science
helicopter design for validating Mars flight simulation tools.

Satisfying full dynamic similarity can be challenging in this
case, since the Mars rotorcraft platforms generally operate at
a relatively low Reynolds number (∼ 104), and a high Mach
number (∼ 0.7−0.8) compared Earth-relevant systems, due to
the low atmospheric density. While increasing rotation rates
increases the Ma number, it will also simultaneously increase
the Re number. Hence, it is generally not possible to match
both Re and Ma using Earth-equivalent conditions without
simulating the appropriate atmosphere. Ultimately, the Re
number was presumed to have a greater significance on the
flow characteristics and rotation rates were chosen as low as
possible to minimize the Re number differences between the
Stingray experiments and Mars rotorcraft.

Altogether, in the context of the test campaign, the descent
rate ratio, vz/vh, was seen as the most critical non-dimensional
variable, which is the primary influencing factor of rotorcraft
descent aerodynamics. Therefore, matching the descent rate
ratio was believed to give a suitable representation of axial de-
scent conditions on Mars in this first-order approach. Mean-

Table 1. Key vehicle parameters of the Stingray compared
to the current Ingenuity system and proposed Mars High-
land Helicopter (MHH).

Parameter Stingray Ingenuitya MHHb

Vehicle Mass, m 1.68 kg 1.80 kg 4.14 kg
Rotor Radius, R 0.143 m 0.605 m 0.605 m
No. of Rotors, Nr 4 2 2
No. of Blades/Rotor, Nb 2 2 4
Rotor Solidity, σ 0.0893 0.148 0.404
Rotation Rate, Ω 6316 RPM 2575 RPM 2882 RPM
Tip Speed, vtip 94.6 m/s 163 m/s 183 m/s
Matip 0.28 0.71 0.8
Retip 1.61×105 2.19×104 3.37×104

Hover Velocity, vh 5.12 m/s 17.0 m/s 25.8 m/s
Descent Velocity, vz ≥−6m/s - −30m/s
Descent Rate Ratio, vz/vh ≥−1.17 - −1.16

a (Refs. 1, 4)
b (Ref. 3)

while, the impact of geometry and other non-dimensional
parameters (Re, Ma) is secondary, and future, more sophis-
ticated studies should seek to minimize the geometric and
dynamic differences to the actual Mars scenario. However,
this may require dedicated environmental chambers to scale
Reynolds number and Mach number appropriately and simul-
taneously.

EXPERIMENTAL HOVER THRUST
CALIBRATION

Since the experimental campaign was based on free-flight
tests, the generated rotor forces could not be measured di-
rectly, but had to be inferred from in-flight vehicle parame-
ters. In this case, two separate approaches were used to de-
termine the vehicle thrust, one based on vehicle acceleration
data by the IMU and one based on PWM values sent to the
pitch-actuation-servos. Both methods provided an indepen-
dent assessment of the total vehicle thrust and could be com-
pared against each other to characterize the relative vehicle
performance in axial descent.

Using the vehicle mass and accelerations along the vertical
axis, the forces acting on the craft and causing said accelera-
tion could easily be calculated. In theory, assuming negligi-
ble fuselage drag and other external forces acting on the ro-
torcraft, this thrust measurement corresponds to the instanta-
neous combined vehicle thrust, independent of the flight con-
ditions. Since the acceleration data is directly measured by
the onboard IMU, the thrust value based on this method is
referred to as the measured thrust, Tm.

In addition, the thrust of a rotor can be approximated based
on the rotor blade pitch angle, θ , using the linear model sug-
gested in Eqn. 14 (T = f (θ)). Since this model is only valid
for near-hover conditions, the thrust values predicted by this
method correspond to the thrust, which the vehicle would be
generating for a set of pitch angles if under hover conditions.
Because this value is not measured directly, but estimated
from operational parameters, this thrust value is here referred
to as estimated thrust, Tθ . In summary:

Tm ≈ T

Tθ ≈ Th
(19)

and under near-hover conditions, the estimated total rotor
thrust, Tθ , equals the measured thrust, Tm. Following the lin-
ear model for the individual rotor thrust based on the geomet-
ric pitch angle from Eqn. 14

Tm = Tθ at hover (20)

Tθ =
4

∑
i=1

bL,iθi (21)

Tm = mz̈b (22)

where z̈b is the acceleration in the body frame and bL,i are
constants for each rotor. While the operational parameters
are known and theoretical values for CLα,i technically exists
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Figure 6. Results of the hover thrust calibration (flights without wind tunnel use); estimated vs measured thrust based
on training data (left), mean pitch angle of all four rotors vs measured thrust (middle), and time series of a test set flight
(right).

to approximate bL,i, it is most convenient to directly deter-
mine these constants from experimental data by means of least
squares fitting. This can also significantly improve the ac-
curacy of the thrust estimation. Here, instead of using the
less accurate rotor pitch measurements, the PWM signal (see
Fig. 3) was utilized to find the estimated thrust with:

θi = ai PWMi +bi (23)

where ai and bi are constant for each rotor. As a result, Eqn. 21
becomes:

Tθ =
4

∑
i=1

ai PWMi +bi (24)

Note here that the factor bL,i has been absorbed into the con-
stants. Furthermore, the constant term bi was removed here
by applying the simplifying assumption (see Fig. 3)

b4 =−b1 & b3 =−b2 (25)

which has proven to result in no significant loss of accuracy,
reducing the linear model to estimate the rotor thrust based on
the pulse with modulated signal sent to the servos to:

Tθ =
4

∑
i=1

ai PWMi (26)

To generate the training data for the least squares fitting, three
free flights with purely axial trajectories and without wind
tunnel usage were performed. The craft stayed horizontal
throughout the flight and PWM as well as IMU data was
recorded at a sampling rate of 30 Hz. The goal of these flights
was to generate parameter sets with a wide range in PWM
values and thrust levels, which can be achieved by vertical ac-
celeration/deceleration of the craft. For better results, only
data points close to hover conditions (0m/s < vz < 2m/s)
were considered during fitting to not introduce VRS and rapid
ascent aerodynamics. Altogether, a total of approximately
n = 1000 data points distributed over the three flights were
collected and used for fitting the coefficients.

Figure 6 illustrates the results of the experimental calibra-
tion campaign. The developed linear regression model on the

left indicates a good agreement (R2 = 0.975) between the ob-
servations (Tm, based on IMU data) and the expected values
(Tθ , based on the regression for the given PWM values) un-
der near-hover conditions. As previously stated, the constant
term removed in Eqn. 25 or expanding the model by adding
quadratic terms to the linear regression model in Eqn. 26 did
not improve the quality of the fit. Figure 6 (middle) shows
the mean rotor pitch vs. measured total thrust of the vehicle,
Tm, for all data points obtained during the three flights. The
experimental results are close to the computational RotCFD
data and theoretical results; however, the experimental pitch
angles were consistently 1° higher for a given thrust. This
offset was largely attributed to the backlash in the swashplate
design and was corrected for in the following, where neces-
sary. Note here that the thrust measurements are not impacted
by the backlash, since the linear regression model for Tθ uses
the PWM values as the independent variable without any con-
sideration of the actual rotor pitch measurements.

The time series of a separate validation flight with a similar
axial flight trajectory (Fig. 6 (right)) shows that the estimated
thrust is in good agreement with the measured thrust during
the time of flight (10s−50s). Both values match particularly
well during hover (15s− 20s) and the dynamic events at the
later stage of the flight are also captured to a reasonable accu-
racy.

Both the estimated and measured thrust were subsequently
used for the investigation of the quadrotor’s performance in
descent, where the rotor performance is predicted to deviate
from hover due to prevailing VRS aerodynamics. Therefore,
the thrust values were expected to likewise deviate from one
another in axial descent, with the measured thrust correspond-
ing to the true vehicle thrust while the estimated thrust served
as a reference case for hover conditions.

EXPERIMENTAL AXIAL DESCENT
RESULTS

A total of five flights under simulated descent conditions were
conducted with a key focus on the thrust loss occurring during
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the vortex ring state compared to hover conditions. Figure 7
illustrates the raw vehicle data ( fs = 30Hz) of one selected
flight with the rotorcraft hovering over the vertical wind tun-
nel at an altitude of approximately 5 m. Wind tunnel veloci-
ties were incrementally increased with time, from 0 to a max-
imum of 6 m/s; higher descent rates were not feasible due to
reduced controllability of the aircraft. Even though the po-
sition was intended to be stationary within the wind tunnel
flow, minor movements of the piloted vehicle were inevitable,
as seen in the altitude data. For correctness, any additional
rotorcraft vertical motion was accounted for and was added to
the wind tunnel velocity for a net simulated descent velocity,
vz = v′z− vWT . Here v′ denotes the vehicle velocity vector in
the laboratory frame relative to the wind tunnel, and vWT the
wind tunnel freestream velocity. This notation was selected
to avoid confusion between the vehicle velocity v′z and the net
simulated descent velocity vz. It should be noted that vz is
negative in descent, but is graphed as absolute values, |vz|, in
Fig. 7 for ease of plotting.

Figure 7 indicates that during hover and at low descent rates,
the measured and estimated thrust agree well and are nearly
identical, which is expected, given that the calibration for Tθ

was performed under near-hover conditions. However, as de-
scent rates increase, the values increasingly deviate from one
another, with Tθ exceeding Tm. The time series of both thrust
signals, furthermore, show that the fluctuations become in-
creasingly pronounced at higher descent rates. A similar in-
creasing trend with descent rate is found when inspecting the
roll and pitch angle of the vehicle. While these attitude fluctu-
ations are limited to ±2° during hover, oscillations in excess
of ±10° occur at descent rates of 6 m/s.
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Figure 7. Raw in-flight data of a selected test flight with
increasing wind tunnel velocity (Flight 2).

Figure 8. Relative thrust loss and normalized thrust stan-
dard deviation as a function of descent rate.

For quantitative evaluation of the vehicle performance in de-
scent, all raw data sets were post-processed to exclude wind
tunnel ramp-ups, the take-off, and landing process and were
analyzed as a function of descent velocity. In total, approxi-
mately 14,700 data points were collected across all five flights.
Figure 8 shows the ratio of measured over estimated thrust
Tm/Tθ and the normalized standard deviation of the measured
thrust, SD(Tm)/Tm, as a function of the descent velocity. This
processed data shows a significant amount of scatter, which
can be attributed to the inherent noise in IMU measurements
and the unsteadiness arising from undergoing VRS condi-
tions. Despite the scatter in these observations, clear trends
can be identified: as the descent velocity increases, the ra-
tio of the measured thrust over the estimated thrust decreases
monotonically to a minimum of Tm/Tθ = 0.8 at vz =−6.5m/s
(vz/vh ≈ −1.2), suggesting that thrust losses of up to 20%
compared to hover conditions occur at this descent rate. Phys-
ically speaking, these results indicate that maintaining a con-
stant thrust equal to the vehicle weight (T = Tm = mg) for
hovering in the vertical airflow requires a greater rotor pitch
compared to that for hover conditions. Therefore, Tθ ≈ Th in-
creases with descent rate due to the increase in rotor pitch,
while the true thrust Tm remains near-constant. Vice versa,
if maintaining a constant RPM and rotor pitch (i.e. constant
Tθ ) the rotorcraft is expected to generate less thrust, Tm, with
increasing descent rate due to the aerodynamic disturbances
associated with the VRS. This thrust loss of up to 20% is con-
siderable and will increase the descent rate further; thereby
aggravating the problem. It is worth mentioning that the ve-
hicle drag has been assumed negligible throughout the inves-
tigation. In reality, the drag of the vehicle fuselage due to the
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wind tunnel flow adds to the thrust value Tm, while Tθ is left
unaffected. Thus, if corrected for the vehicle drag, the values
for Tm are expected to be reduced slightly, resulting in even
lower values of Tm/Tθ .

These results regarding rotor performance in the VRS are
largely consistent with previous experimental research, which
have reported maximum thrust losses in vertical descent
of comparable magnitude occurring descent rate ratios of
vz/vh =−1.2, both for variable-pitch rotors (Ref. 12) as well
as for fixed pitch rotors (Ref. 11). For the case of variable-
pitch rotors, an increased pitch was similarly required to main-
tain a constant thrust in vertical descent. Thus, following these
studies, the ratio of Tm/Tθ is expected to recover at higher
descent rates when entering the turbulent wake and windmill
brake state (Ref. 9). However, higher descent rates could not
be investigated during this experimental campaign due to de-
creasing controllability with increasing descent rate, which
did not allow for the craft’s safe operation beyond this 6 m/s.
The investigation of higher descent rates is targeted in future
studies. Moreover, the question of how the rotor pitch in-
fluences the maximum losses could not be investigated here
independently given the constraints imposed by the free-flight
campaign, but is discussed in more detail in the computational
result section.

In addition to an average loss of rotor thrust, the vehicle ex-
periences strong thrust fluctuations and attitude oscillations,
indicated by the normalized standard deviation of the thrust,
SD(Tm)/Tm, in Fig. 8 and qualitatively by the vehicle pitch
and roll information in Fig. 7. In this case, SD(Tm) was deter-
mined as the moving standard deviation of the Tm-time-series
for each flight and was calculated over a sliding window with
a length of 300-data-point, corresponding to a 10 s interval.
The computed values are normalized by the mean thrust over
the sliding window and are plotted over the mean velocity
over said window, vz. The normalized standard deviation can
be observed to increase fourfold, from SD(Tm)/Tm = 0.025 at
vz = 0 to SD(Tm)/Tm = 0.1, which is considerable. Given a
flight-data sampling rate of 30 Hz, this data does not allow the
capture of higher frequency content above 15 Hz, far lower
than the rotor rotation rate of 105 Hz. However, VRS behav-
ior has been reported to manifest itself in characteristically
low frequency thrust fluctuations on the order of multiple ro-
tor rotations (Refs. 11, 16), which appear to be captured here.
Similarly, growing vehicle roll and pitch oscillations are in-
troduced with increasing descent rate, even though the flight
controller is enforcing a level attitude. This can directly be
explained by asynchronous thrust fluctuations occurring at the
various rotors. While these measured attitude information are
assumed to be highly vehicle specific, they can serve as a qual-
itative metric of vehicle stability as a function of descent rate,
suggesting that the stability and controllability of a rotorcraft
can seriously be impaired by prevailing VRS aerodynamics.

For comparison of the experimental results to established
models of the VRS, the rotor induced velocity, vi, was cal-
culated via Eqn. 16 (B = 0.88) based on the measured vehicle
thrust T = Tm = mz̈b and the rotor pitch. In this case, the rotor

Figure 9. Comparison of experimental data with the VRS
model by Johnson (Ref. 9) for axial and non-axial flight
conditions.

pitch was averaged across all rotors and corrected for the ap-
parent offset introduced by the imprecise pitch angle measure-
ments as indicated in Fig. 6 (θ = θ̄−1deg). All lateral vehicle
movements were accounted for via µ =

√
v′2x + v′2y /(ΩR) and

v′z was previously accounted for and added to the wind tunnel
velocity (vz = v′z− vWT ). Figure 9 plots the calculated values
of (vi + vz)/vh over the descent rate ratio vz/vh for all exper-
imentally collected data points and compares them to an es-
tablished model of the VRS as suggested by Johnson (Ref. 9,
Table 3) using a κ = 1.15. Results are generally in agree-
ment regarding magnitudes of the induced velocity and devel-
opment with increasing descent rate. While small discrepan-
cies can be found, such as a less pronounced local minimum
in the presented experimental data at vz/vh = 0.5, it appears
that previously established models regarding the VRS perfor-
mance of helicopters generally apply to these low Reynolds
number multirotor configurations as well.

CFD SIMULATION

The mid-fidelity computational fluid dynamics (CFD) pro-
gram RotCFD (Rotorcraft CFD), developed by Sukra Helitek,
Inc., was used to generate computational predictions of the
rotor performance and body forces and moments analogous
to the experiments. RotCFD has several modules that allow
rotorcraft performance metrics and flow fields to be simu-
lated over time and analyzed in a Graphical User Interface
(GUI). This analysis uses the Rotorcraft Unstructured Solver
(RotUNS) module which uses three-dimensional, Unsteady
Reynolds Averaged Navier-Stokes equations (URANS) on a
Cartesian unstructured grid with tetrahedral body-fitting near
the body (Ref. 19). The rotor blades are modeled using the
blade element method (BEM) and are represented through
the momentum they impart on the flow. The URANS equa-
tions provide the flow field near the rotors using the rotor in-
duced momentum sources and the blade element theory pro-
vides the forces on the rotor blades from the local velocity
vector field. These equations are coupled implicitly to yield a
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Figure 10. Computational domain and model used in the
RotCFD simulations.

self-contained method for generating unsteady performance,
as well as the near and far wake including all the aerodynamic
interferences present (Ref. 14). Additionally, RotCFD has
SIMPLER, Semi-Implicit Method for Pressure-Linked Equa-
tions Revised, which is a line of pressure based algorithms
used with the under relaxation factors to iteratively compute
the flow field. Turbulence is accounted for by the URANS
equations combined with a two-equation realizable k− ε tur-
bulence model with special wall treatment (Ref. 19).

In a precursor to this work (Ref. 3), RotCDF was used to
study the mid-air release of a co-axial rotorcraft from an en-
try backshell under Mars-like conditions. Previously, RotCFD
had also been validated against experimental test data of sim-
ilar problems to the one being studied in this paper, such as
forward flight of multirotor configurations (Ref. 20) as well
as isolated rotor performance at Martian atmospheric densi-
ties (Refs. 21, 22).

For accurate representation of the experiments, a CAD model
of the Stingray was created and imported into RotCFD. The
CAD model was kept as close to the original Stingray as pos-
sible, yet small simplifications were made to reduce compu-
tational complexity. The internal grid generator, UGen, was
used to generate a Cartesian octree grid, starting from the
boundary and then intersecting the body. The cells that inter-
sect the geometry and the surrounding cells are sub-divided
into tetrahedra, resulting in a grid that approximately con-
forms to the surface of the body. The objective, when defining
the grid parameters, was to find a balance between the accu-
racy of the results, computational budget, and time availabil-
ity. However, increasing the refinement of the grid did not
always seem to yield more accurate results. Several grid stud-

ies were performed to ensure that the grid around the body of
the Stingray and the rotors were refined enough to provide re-
alistic results, while not overtaxing the computer (limited by
∼ 2 million cells), and also not biasing the flow field. The
final grid with the simplified Stingray body, is illustrated in
Fig. 10. It can also be seen in Fig. 16 that the refinement boxes
did not bias the flow field, i.e. there is no drastic change in the
flow field at the boundaries of the refinement boxes. Care was
taken to ensure that the grid remained the same throughout
all cases in order to reduce the potential of additional inac-
curacies and to increase the confidence in the comparisons
between cases.

The physical simulation time and the number of timesteps var-
ied for each case, however the ratio of timesteps to simulation
time remained the same, i.e. 100 timesteps per second. The
simulation time was increased until a reasonable convergence
for the forces and moments on the Stingray was reached. In all
computational runs, the rotor operational parameters matched
the experimental testing conditions with the same rotor ra-
dius R = 0.143m, running at a tipspeed of 94.6 m/s, and the
descent rate and collective were varied from 0 m/s to 6 m/s
and 5 deg to 15 deg, respectively. As previously indicated
in the Experimental Apparatus section, the rotor blade ge-
ometry was approximated in RotCFD as an untwisted blade
with a NACA0012 airfoil. The chord inboard of station A
(compare with Fig. 4) was kept constant up to the root cutout
(rc = 0.225) and the blade was linearly tapered between sta-
tion A and B. Table 2 provides an overview of the chord length
at the relevant stations. To further reduce computational com-

Table 2. Chord length at characteristic blade sta-
tions based on the approximated rotor geometry used in
RotCFD.

r/R 0.225 (rc) 0.350 (A) 1 (B)
c/R 0.193 0.193 0.177

plexity, the vehicle attitude was constrained to remain level at
all times, with the rotor planes perpendicular to the simulated
freestream flow of axial descent, while moments on the ve-
hicle could still be observed. It is important to mention that
RotCFD did not include a feedback loop for thrust matching,
i.e. to maintain a constant thrust independent of the simulated
descent rate by actively varying the rotor pitch, similar to the
experiments. Instead, the rotor pitch was fixed at selected an-
gles and changes to the overall vehicle thrust for different de-
scent rates were examined.

Rotor Performance Analysis

A total of 20 simulations were performed in RotCFD, at rotor
pitch angles of θ = 5°,8°,10°,12°,15° under hover conditions
(vz = 0), and θ = 8°,10°,12° at descent velocities within the
range of −6m/s < vz < −1m/s. Figure 11 depicts the re-
sults of all computationally investigated configurations. Plot-
ted here is the combined total vehicle thrust of all four rotors
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as a function of descent speed. These thrust results repre-
sent the quasi-steady-state solution, similar to the mean ro-
tor thrust in descent without the strong rotor thrust fluctua-
tions. These results are qualitatively in agreement with the
experimental study, where the rotor thrust falls below the per-
formance at hover as descent rate increases, regardless of the
rotor pitch. Because operational parameters (rotor pitch and
RPM) remain constant along the curves, these thrust losses
are presumed to stem from the aerodynamic losses caused by
the rotors operating in their own recirculating wake. At higher
descent velocities the thrust undergoes a recovery for all pitch
angles, which is assumed to be due to the rotorcraft leaving
VRS and entering the turbulent wake state. In terms of ab-
solute quantities, the critical descent rate, where the thrust
minimum occurs, increases with rotor pitch or alternatively,
with rotor thrust. To account for the varying rotor thrust with
rotor pitch, Fig. 11 (bottom) represents the normalized thrust
curves for the investigated rotor pitch angles. Interestingly,
the local minimum of all curves is consistently found at the
same normalized descent rate ratio of vz/vh =−0.65, despite
varying rotor pitch and vehicle thrust, supporting the hypothe-
sis that the induced velocity can indeed be considered the pri-
mary scaling of VRS aerodynamics. Yet, while the location
of the minimum remains unchained, the extent of the thrust
loss appears to reduce when the rotor pitch is increased. This
indicates a secondary influence introduced by the collective
pitch of a rotor, with higher pitch angles resulting in improved
performance during VRS, which is consistent with previously
reported experimental test data (Refs. 10, 13). Note here that
this observation is based on a limited number of discrete data
points and additional computational efforts with higher sam-
pling density are needed to confirm these findings. However,
given the considerable curve divergence at the local minimum,
these findings are expected to not change qualitatively.

Comparison to Experiments

A primary interest of performing a duplicate computational
study alongside the experiments was to evaluate the fidelity
and limitations of simulating axial descent using RotCFD, as
the computations can ultimately be adapted for Martian appli-
cations with relative ease. To do so, the thrust losses found in
both studies were compared.

However, it has to be kept in mind that both studies followed
different investigative strategies. During experiments, a con-
stant vehicle thrust was maintained by varying the rotor pitch
for continuous hover over the wind tunnel. In RotCFD, the
rotor pitch was fixed instead, resulting in a changing vehi-
cle thrust. Hence, prior to directly comparing the results, a
conversion of either data is required. Simply normalizing the
data similar to Fig. 11 (bottom) will account for differences
in the rotor thrust or the induced velocity, however, the previ-
ously discussed secondary effects of the rotor pitch would be
lost. Hence, the RotCFD data was converted from θ = const.
to T = const.. This was done by determining the relative
thrust loss as a function of vehicle thrust and descent rate
(T/Th = f (vz,T )) using the discrete RotCFD data points. Fig-
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Figure 11. Total vehicle thrust as a function of descent rate
and rotor pitch of all investigated cases using RotCFD.

ure 12 (top) depicts the interpolated results of the relative ro-
tor thrust. This approach allows to account for the shifting of
the local thrust minimum towards higher descent velocities at
higher thrust, as well as the reduced thrust minimum at higher
pitch angles. Using these results, the relative thrust loss based
on RotCFD data can be estimated for T =mg = const., by ex-
tracting the interpolated values along the dashed line. These
results can then be directly compared to the experimental data.

A comparison is shown in Fig. 12 (bottom). Even though the
experiments and computations both indicate a loss in thrust
with increasing descent rate, the trends of the relative thrust
are quite dissimilar. The local thrust minimum with subse-
quent recovery in the RotCFD data is found at vz = −3m/s,
with overall thrust losses (T/Th < 1) between −4m/s < vz <
−2m/s, whereas the experimental values monotonically de-
crease up to vz = −6m/s without any indication of recovery
at higher descent rates. In previously conducted experiments
of rotors operating in the VRS, the local thrust minimum was
generally found at approximately vz/vh ≈−1.2, which corre-
sponds to vz = −6m/s for the experiments. Consequently, a
similar thrust recovery is expected in the experiments beyond
this velocity. This comparison shows that, even though near-
identical configurations were investigated in both studies, the
computational study predicts reduced thrust losses and a sig-
nificantly lower critical descent rate ratio. It appears that the
experimental data aligns better with previous experiments of
rotor performance in axial descent, while the thrust minimum
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Figure 12. Interpolation of the relative thrust loss for
the MAD quadrotor as a function of descent rate, vz,
and thrust using the discrete data points (top), and com-
parison to experimental results using inferred curve for
T = mg = const. (bottom).

is predicted at far lower velocities by the computational data
compared to those reported in literature.

Sources for Data Discrepancy

Discrepancies between the experimental and computational
data were observed, even though near-identical conditions
were investigated. Potential systematic errors of both studies,
which could amount to these inconsistencies, are addressed
and discussed in the following.

Generally, a key difference were the simplifications and
assumptions made for the rotor and fuselage geometry in
RotCFD. The simulated rotor geometry was similar to the
testing rotor geometry (see Fig. 4), but some of the differ-
ences could have resulted in some of the observed discrepan-
cies. The simulated rotor was assumed to have a NACA0012
airfoil, which is similar but different from the rotor used in
testing. Additionally, the simulated rotor geometry closer to
the hub mounting face was modeled as the same chord length
as cross section A-A. This should not have resulted in a sig-
nificant increase in thrust, seeing as the rotor produces signif-
icantly less thrust as you get closer to the hub, but it could
have contributed to the error. The fuselage CAD model was
also simplified prior to implementing it into the simulation
domain (covering holes and smoothing edges) so that the grid
could more easily render the body of the fuselage. However,

the fuselage was still fairly detailed in the simulation since a
very fine grid was used around the body.

Potential oversights in the experimental efforts may have been
(1) excessive craft movements despite intended stationary
hover (2) excessive attitude fluctuation resulting in misalign-
ment of the thrust vector and gravity vector. Even though the
quadrotor was intended to hover stationary over the wind tun-
nel freestream, it experienced both lateral as well as vertical
motion due to reduced controllability. It is well established
that the horizontal velocity, along with the vertical velocity, is
a primary factor determining the flow state in VRS (Ref. 9).
In fact, additional horizontal flow velocities have been shown
to increase the maximum thrust loss of a rotor compared to
axial conditions. While lateral movements were relatively
small and generally less than 0.2 m/s during experiments,
they could have potentially caused minor changes to the over-
all VRS performance. Additionally, while any vertical craft
motion was accounted by adding it to the wind tunnel velocity,
it is unclear if this additional vertical motion could impact the
formation of the vortex ring system since the descent condi-
tion can no longer be considered fully steady. Lastly, while the
craft was commanded to stay perfectly level by the flight con-
troller, large vehicle attitude oscillations were recorded during
experiments most likely caused by strong fluctuations in the
individual rotor thrust. As a consequence, the thrust vector
and the gravity vector become misaligned, causing a loss of
lift, even though the same thrust is applied. As seen in Fig. 7,
vehicle roll and pitch angles of up to 10° were recorded, re-
sulting in a loss in lift of cos(10°) = 0.985. Note that the
mean angle between the gravity and thrust vector during the
flight test in simulated descent was smaller at approximately
arccos(cos(Φ)cos(Θ)) = 6deg, which corresponds to a only
relatively small mean loss in lift of cos(6°)= 0.995 for a given
thrust. Though, similarly to the vehicle translation, the exces-
sive vehicle rotation could affect the formation of the vortex
system and, therefore, change the VRS characteristics.

Similarly, potential sources of systematic errors in the com-
putational approach were be outlined and explored in greater
depth: (1) insufficient size of the computational domain, (2)
increased levels of turbulence for the quadrotor due to ad-
ditional rotor-rotor interactions, resulting in longer conver-
gence times, or (3) inadequate gridding. With a size of
14 m × 14 m × 21 m the computational domain was chosen
significantly larger than the investigated quadrotor and bound-
ary effects were assumed to be negligible. This was confirmed
by the flow field analysis where the local rotorcraft flow field
was fully contained within the center of the domain. Fur-
thermore, it was examined if increased level of turbulence in
the VRS could lead to longer convergence times of the aero-
dynamic coefficients, and if computational length potentially
did not account for this. To investigate the convergence prop-
erties of the solution, selected computations were performed
with double the amount of time steps, yielding only marginal
differences. Computations were also performed with varying
levels of grid refinement, yielding only marginal differences.
However, RotCFD has limitations and can not run on a regular
workstation with more than about 2 million cells.
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In sum, none of the above mentioned scenarios could be
shown to amount the discrepancies between experiments and
computations and the exact reasons are still unclear. More
data from both studies is needed to identify the source of er-
ror with certainty.

Rotor-Rotor and Rotor-Body Interactions

A comparative study involving four rotors and a single rotor,
both without the vehicle fuselage, was performed and com-
pared to the computational results of the Stingray model (four
rotors with vehicle fuselage) to identify rotor-interactional ef-
fects and fuselage-interference in descent. All cases utilized
the same rotor geometry and rotor operational parameters,
with θ = 10° and vtip = 94.6m/s. For comparison, the mean
rotor thrust of all three cases (averaged over all rotors for
the 4 rotor configurations) as a function of descent velocity
is shown in Fig. 13. Note here, that the trend lines were in-
ferred from a limited number of data points as a preliminary
investigation and should be treated with caution.

At hover and low descent rates the thrust values are nearly
identical (referring to the blue and red line for these values),
however they start to diverge at descent rates of vz = −3m/s
and higher. While all configurations similarly display the
characteristic thrust minimum, the influence of multiple ro-
tors and of the fuselage appears to be profound, both of which
shift the critical descent rate towards lower velocities and si-
multaneously reduce the maximum extent of the thrust losses.
Specifically, the thrust of the Stingray reaches the lowest point
at vz = −3m/s, after which it recovers, exceeding the hover
thrust at vz = −5m/s. Meanwhile, the single rotor mini-
mum thrust occurs at considerably higher velocities of around
vz =−5m/s and increases subsequently. Thus, it appears that,
while all cases exhibit the same general trends, these config-
urations are not equivalent in the computational environment
when regarding the axial descent performance. These findings
are surprising, since a closer agreement between the investi-
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Figure 13. Comparison between computational results of
a single rotor and quadrotor (both without the body), all
at θ = 10°.

gated cases with less influence of rotor-rotor interactions and
fuselage interference was expected.

Radial Blade Loading in Descent

The radial blade loading of the single rotor configuration with-
out fuselage was analyzed in RotCFD for different descent ve-
locities to identify the region of the blade where the majority
of thrust losses occur. Figure 14 plots the radial variations of
the thrust coefficient for selected descent speeds, where the
total thrust of the rotor is given by:

T = NbρA(ΩR)2
∫ 1

0

dCT

dr
dr = NbρA(ΩR)2

∫ 1

rc

dCT

dr
dr. (27)

Note that the rotor blades in RotCFD were modeled with a
root cutout of rc = 0.225 and the blade thrust is zero for
r < rc. The single rotor configuration was selected in this case
to avoid rotor-rotor interactions and potentially varying blade
loading distribution throughout the revolution of the rotor. Re-
sults indicate, that the small thrust gains at low descent rates
(vz =−3m/s) stem from a higher local blade loading near the
rotor tip, while the loading on the inboard region is nearly
identical to hover conditions. At vz = −5m/s, where the
thrust losses are most pronounced for the single rotor (com-
pare with Fig. 13), the majority of thrust losses are found to
occur close to the tip, for r > 0.7, while the inboard region
of the blade is only showing minor differences compared to
the hover performance. Meanwhile, at vz =−7m/s thrust in-
creases uniformly from the VRS conditions as the rotor enters
the turbulent wake state, but the thrust gradient at the tip is
still less than at hover.

These results indicate that the performance losses of a rotor
in the VRS are a localized effect, predominantly occurring in
the near-tip region at r > 0.7. This effect is assumed to be
caused by blade-vortex interactions at the rotor tip, due to the
fact that rotor tip vortices are no longer transported away from
the rotor disk in axial descent, but instead they accumulate
within the rotor plane. These strong blade-vortex interactions
are believed to cause local inflow variations leading to reduced
local thrust coefficients.
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FLOW FIELD ANALYSIS

Visualization of the flow field around the Stingray during the
experimental runs was attempted using glycerol smoke, which
was injected into the wind tunnel freestream flow, upstream of
the wind tunnel. In practice, it proved generally challenging to
capture the complete rotor flow field using this visualization
technique as smoke was heavily dispersed by the wind tun-
nel, and most of the smoke was redirected by the rotor flow
to pass around the rotorcraft without being ingested through
the rotor. Figure 15 shows a selected snapshot at a simulated
descent velocity of approximately 3.5 m/s, in which the vor-
tex ring system forming around the front-left rotor appears to
have been captured. The smoke, which passed through the ro-
tor and is subsequently re-directed by the external freestream,
faintly outlines a ring-like flow path. The core of this vortex
ring appears to be in, or very close to the rotor plane, which
is in qualitative agreement with the analogous computational
results using the same vehicle configuration and rotor plat-
form, shown in Fig. 16. Here, the computational vector field
and overlayed streamlines, obtained at the descent velocity
where the rotor system experienced the most significant aero-
dynamic losses, clearly reveal the toroidal vortex ring system,
with a vortex core close to the rotor plane.

The vector fields of a single rotor without fuselage shown in
Fig. 17 similarly feature this characteristic vortex ring system
around the disk. The vortex ring starts to clearly form at de-
scent rates of vz =−4m/s (vz/vh =−0.75) and higher, coin-
ciding with the velocities, where the single rotor experienced
reduced thrust compared to hover conditions (T/Th < 1, com-
pare to Fig. 13). Furthermore, the vortex core shifts upwards
with increasing descent rate and is again found very close to
the rotor plane at the same descent velocity, where the most

Figure 15. Flow visualisation during an experimental run
using glycerol smoke (vz ≈−3.5m/s, vz/vh ≈−0.67).

(a) Streamlines outlining the vortex ring system

(b) Zoomed in vector field

Figure 16. Vector field of the Stingray at vz = −3m/s,
vz/vh =−0.56 around the front two rotors.
significant thrust losses occur.
One interesting qualitative distinction between the flow field
of the single rotor and the Stingray with four rotors in the VRS
is that no clearly defined vortex rings is observable between
the individual rotors of the Stingray. This suggests that the
individual toroidal vortex rings of each rotor merge to form
a much larger continuous vortex ring system around the ve-
hicle. Since the grid was heavily refined near the rotors, it
is assumed here that this observation is not an artifact of the
gridding of the domain, where an insufficiently refined grid
may not be able to pick up this vortex structure in between
rotors.

FUTURE WORK
Findings and Recommendations for MAD in Upcoming
Mars Missions

Contingent on the success of the currently operated Ingenu-
ity system of the Mars 2020 mission, future exploration of
the Martian surface will likely progress towards utilizing ded-
icated science rotorcraft, which can cover significantly larger
distances than a comparable ground-based vehicle. This study
sought to evaluate the feasibility of an aerial deployment of
this dedicated science rotorcraft during the atmospheric EDL
process. Results have shown that the adverse rotor aerody-
namics during the VRS can significantly impair the thrust gen-
eration with maximum thrust losses of up to 20% compared
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(a) vz =−3m/s, vz/vh =−0.56

(b) vz =−4m/s, vz/vh =−0.75

(c) vz =−5m/s, vz/vh =−0.94

Figure 17. Vector field of a single rotor at different descent
velocities.

to hover conditions. Furthermore, these thrust losses are ac-
companied by strong rotor thrust fluctuations, inducing severe
roll and pitch oscillations of the vehicle and limiting stability
and controllability. Consequently, any future rotorcraft specif-
ically designed for Mars MAD has to be sufficiently margined
in terms of overall thrust capability as well as control author-
ity to minimize the risk level of mission failure after rotorcraft
release. More importantly, certain adaptations to the deploy-
ment sequence and attempts to completely avoid VRS con-
ditions during MAD could further help to reduce the risks
associated with this novel EDL technique. Regardless, the
MAD concepts offer many advantages over traditional land-
ing means and should be explored in greater depth.

Noteworthy is that the presented findings largely followed the
well-established trends for VRS, which can provide a first-
order estimate for the design of a suitable vehicle and the
MAD sequence. Given appreciable differences between ex-
periments and computation, any future computational study
of MAD scenarios should ultimately be validated against ex-
periments performed under equivalent conditions (i.e., in en-
vironmental chambers) when possible and against analogous
Earth-relevant experiments when not possible. This will be-
come particularly important if the Mars science rotorcraft will
utilize multiple rotors and/or feature a large fuselage planform

area compared to the overall rotor disk area since the cases in-
cluding a fuselage and multiple rotors resulted in the greatest
discrepancies between experimental and RotCFD data.

Limitations and Future Objectives

While this study provided valuable findings regarding the
axial descent of variable-pitch multirotors, in particular, the
thrust loss due to the adverse VRS aerodynamics, certain
shortcomings were noted, which could be improved upon in
subsequent investigations. One such shortcoming of the ex-
perimental approach was the fact that test flights were per-
formed under manual pilot control. This prevented the in-
vestigation of higher descent rates beyond 6 m/s, due to re-
duced controllability. Thus, a key objective for future and
more sophisticated studies is the implementation of an au-
tonomous onboard controller to execute feedback setpoint
control over the wind tunnel for a more stable hover flight
in the vertical freestream with significantly improved posi-
tion accuracy. This will allow the examination of higher de-
scent rates, spanning the entire critical axial descent regime
from −2vh < vz < 0, while also reducing vehicle movement
over the wind tunnel to provide more accurate aerodynamic
data. Apart from this, supplementary fixed-mounted tests of
the rotorcraft are anticipated in the future, which can help
to remove the constraints imposed by the free-flight experi-
mentation (e.g. thrust matching to the vehicle weight is no
longer necessary and collective pitch angles can remain con-
stant throughout a test run). This will allow a greater variety
in the investigated scenarios and enables direct comparisons
between computations and experiments to identify the current
sources for discrepancies. Nonetheless, a continuation of the
free-flight tests is anticipated in future, to fully capture the
vehicle dynamics in the VRS.

Future RotCFD efforts are expected to focus on improving
the fidelity of the simulations by continuing to investigate the
effects of fuselage influence and rotor-to-rotor interactions on
the rotor performance and flow field. Subsequently, analogous
axial descent studies under Mars relevant conditions can be
performed. Overall, as future Mars rotorcraft designs become
more concrete, experiments as well as computations should
incorporate the exact geometric design and should also aim
for dynamic similarity between the tests and Mars conditions.
Furthermore, the inflow blocking and other aerodynamic in-
terferences by the backshell are critical during the rotorcraft
release. Initial RotCFD studies have already been published
on this topic (Ref. 3) and experimental efforts are ongoing,
using a scaled backshell model over the vertical wind tunnel.

CONCLUSIONS

Experimental and computational efforts have been carried out
in parallel, investigating the axial descent performance of a
variable-pitch multirotor. The results of this study are antic-
ipated to inform the mid-air-release of future Mars rotorcraft
from an entry capsule backshell, evaluating the feasibility to
first-order and identifying critical fields of research for more
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focused investigations. The key findings presented throughout
the paper are as follows:

1. Experimental approach:

(a) two methods were utilized for estimating the in-
flight forces, one based on IMU accelerations and a
separate one based on PWM signals sent to the ser-
vos for controlling the rotor pitch. Adopting two in-
dependent thrust estimators allowed to quantify the
relative thrust loss in simulated descent compared to
hover conditions without rigid attachment to a load
cell.

(b) increasing mean thrust losses with increasing de-
scent rate were observed during flights in a vertical
wind tunnel freestream. Peak losses, recorded at the
highest descent rate of vz =−6m/s were up to 20%
.

(c) rotor thrust fluctuations as well as roll and pitch os-
cillations were shown to increase drastically with
descent rate.

(d) the induced velocity of the rotor system was cal-
culated and compared to established models of the
VRS, indicating an overall good agreement. This
suggests that established VRS models apply to these
multirotor configurations as well.

2. Computational approach:

(a) the rotor performance at three discrete pitch angles
(θ = 8°,10°, and 12°) was analyzed in RotCFD for
various descent velocities. Results showed thrust
losses of up to 15%.

(b) the maximum extent of mean thrust losses appeared
to decrease when increasing pitch, while the critical
descent rate ratio, where maximum losses occur, re-
mained unchanged at vz/vh = −0.65 for all pitch
angles.

(c) a comparison between the experimental and compu-
tational results showed similar thrust losses for both
studies, however the critical descent rate ratio was
found to be significantly lower in the computations

(d) a comparison study of a single rotor and four rotors,
both without fuselage, indicated considerable dif-
ferences in the trends of thrust relative to the hover
thrust vs. descent rate, suggesting substantial fuse-
lage interference and rotor-rotor interactions in ax-
ial descent.

(e) flow field analysis helped to visualize the toroidal
vortex ring system characteristic for axial descent
of rotorcraft. This vortex ring system could be ob-
served in experiments as well as in the computa-
tions. The computational flow fields showed that

once the vortex ring starts to become clearly de-
fined, thrust losses start to manifest themselves. The
core of this vortex system shifts upwards and closer
to the rotor disk as descent rate increases. At the
critical descent rate, where the thrust generation is
most compromised, the vortex core is near the rotor
plane. At higher descent rates, it shifts above the
rotor.

(f) analysis of the radial rotor blade loading suggests
that the majority of thrust loss occurs near the ro-
tor tip (r > 0.7), which can be explained by blade-
vortex-interactions in this region.
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